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FIOW FIELDS, PRESSURE DISTRIBUTIONS, AND HEAT TRANSFER
FOR DELTA WINGS AT HYPERSONIC SPEEDS*

By Mitchel H. Bertram, Williem V. Feller, *
and James C. Dunavant ,

SUMMARY

Successful correlations of pressure on delta-planform wings are
shown for both the center-line and spanwise pressure distributions over
a range of sweep, Mach number, angle of attack, and dihedral angle. Such
correlations allow the application of experlmental results to Mach num-
bers widely different from those at which the data were obtalned thus
allowing the prediction of the pressure on the lifting surface of a
vehicle such as the Dyna-Soar with confidence. Much of the heat transfer
has been found to be amenable to simple approaches which take into
account the flow pattern peculiar to the angle-of-attack range under
consideration. The leading edge itself has been found to become a
trailing edge in the sense of airflow direction at high angles of attack.
This is connected with the appearance of conical flow on the delta w1ng
and tends to alleviate the heat transfer to the leading edge.

INTRODUCTION

The delta planform is a type of great interest in hypersonic-glider
and lifting-reentry studies. In order to supply the information neces-
sary for the proper evaluation and successful application of this shape
an extensive research program has been carried out.

Only a small fraction of the results so far obtained can be treated
here; however, it will be the purpose of this paper to give the high-
lights of the recent research results.

SYMBOLS

aq speed of sound, reservoir

c chord

*Pitle, Unclassified. -



heat~transfer coefficient

h

hvax heat-transfer coefficient on stagnation point

1 length along‘leading edge‘

M Mach numbef

Ngt St%nton number based on free-stream conditions'

P pressure

Pmax stagnation pressure behind a normal shock

R Reynolds nﬁmber

s distance along surface frdm geometric stagnation point'of
spherical nose

t thicknesé

u velocity

X chordwise distance

o angle of attack of plane of leading edges

U ‘local angle of attack of the wing panel (eq. (1))

B angle of shock from stream

4 surface flow angle measured from center line

8 - ray angle ffom center line

P' ~ dihedral angie

A sweep angle

'Sﬁb8cripts: |

c chord

¢ center line

le leading edge

" 'CONFIDENTIAL

chO1T~T
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X chordwise distance from leading edge

) free stream
FIOW FIELDS AND PRESSURE DISTRIBUTIONS

Examples of the models tested are shown in figures 1 and 2. Most.
of the investigations were concerned with flat or slab delta wings; how-
ever, as illustrated in figure 1 a set of models was designed to inves--
tigate the effect of dihedral on the underside of the wing.

Models shown in figure 2 are examples of wings with a large amount
of blunting which are part of a coordinated delta-wing program. -All
the models in this program were of this type - that is, a slab with a
swept-cylinder leading edge - and many were tested with the two differ-
ent noses shown here. The length of the wing in terms of diameters
varied from facility to facility. For instance, although the models
shown in figure 2, which were tested in the Langley ll-inch hypersonic
tunnel, are 7 diameters long, the model tested in the Unitary Plan wind
tunnel at the Langley Research Center was 20 diameters long. :

In figure % are presented schlieren photographs of the shock shape .
on the cylindrical-leading-edge blunt-nose model in top view in order
to show the extent of the effect of the blunt nose. In figure 5(&).the
model is at zero angle of attack at Mach 6.9 and 9.6 in air and Mach
18.4 in helium. In figure‘B(b) the angle of attack ranges from 10° to .
500 at Mach 6.9 in air. The bottom wing is 21 diameters long and the
top wing corresponds to a 3 times enlargement of that part of the bottom
wing ahead of the dashed line. This top wing is only 7 diameters-long.
At zero angle of attack the Mach 6.9 and 9.6 pictures are very similar,
and the shock shape is much the same at Mach 18.4 in helium. If the
extent of the nose influence is judged by the inflection in the leading-
edge shock, the blunt nose affects less of the wing length as the .angle
of attack increases. Since the spherical nose has a shock of fixed shape,
that is, independent of angle of attack in the range shown here, this
change in shock shape is mainly due to changes in the shock around the
cylindrical leading edge with angle of attack. Far enough away from the
nose, at 0° and 10° angle of attack, the shock is parallel to the leading
edge. At 20° and, to a more noticeable extent, at 30° angle of attack
the main-stream flow senses the local wing span, and the leading-edge
shock shape becomes conical in nature.




Next, the shock is examined in side view. In this case figure L
presents the shock angle determined from schlieren photographs of the
flat wings as a function of angle of attack. Included in this figure - -
but not identified are wings with sharp and blunt noses and leading edges.
To avoid data with substantial pressure gradients, data at angles of
attack less than about 20° for the blunted wings and within about Ll

diameters of the nose are excluded from this figure. These exclusions
are not very limiting because the main interest is in applications of
the delta wing in the range of angle of attack from 15° to 50° on reentry
vehicles. The location of the wing surface and two-dimensional oblique-
shock theory are included in this figure for reference. Note that while
for shock angles greater than about 19° the delta-wing shock angles
deviate considerably from the two-dimensional theory, the incremental
effect of Mach number seems to be given with good accuracy by the theory,
and it is expected that with further increases in Mach number there will
be an almost negligible change in shock angle. Also noteworthy is the
insensitivity of the shock angle to changes in sweep angle and the small
shock standoff angle from the wing surface.

2HoT =1

- As’ yet- there are no adequate theories for predicting the pressures
on delta wings with detached shocks. However, this fact does not preclude
a correlation of empirical results. Figure 5 shows the wall-to-free-
stream static-pressure ratios obtained on the center line of various
flat wings. Only data where essentially no longitudinal pressure gradient ¢
exists on the center line have been included. The Mach 6.85 and 9.6 data
encompass the range of angle of attack up to about 60°. For the flat
wings ‘the sweep angles at which pressure data are available are only 700
and 750 however, data for delta wings with sweep angles to at least as
low as 60° should correlate with the results shown here. The pressure
ratio does not appear to vary with leading-edge bluntness, nose shape,
or sweep angle. TFigure 6 shows the good correlation which results from
using the hypersonic similarity parameter My, sin a suggested by both
hypersonic obl;que shock theory and Newtonlan theory to correlate the
wall-to-free-stream static-pressure ratio for the same data. Included

in these figures are the results from exact two-dimensional obllque shock
ftheory and' Newtonian theory for reference.

g

The pressure data from wings with dihedral on the underside are .
shown in figure 7 and these data correlate well with flat-wing data.
Data obtained for a 60° swept wing are included here. For these data
the angle of attack used in the correlating parameter is the local angle
of attack of the wing panel given by the following equation:

#
tan oy = tanEa + arc tan(tan 81 tan Ii]___ﬁéﬂ_z___ (1)




With this corre;ation the center-line pressures on a delta wing may be
predicted at Mach numbers considerably different from those of the tests.

Up to now consideration has been glven to w1ngs at angles of attack
high enough so that no longitudinal pressure gradient exists on the
center line of the wing. The question arises as to what extent the
center-line pressures are altered in the region of the nose. Figure 8
examines in some detall the center-line pressure distribution on the
hemisphere-nose delta wing of T70° sweep. This wing had swept cylinders
forming the leading edges, and overall the wing corresponded to the first
few feet of an actual hypersonic glider. The data are shown over a range
of angle of attack from 0° to 20°. In this figure the pressure parame-
ter is P/PMAX where pMAX 1s the stagnation pressure after a normal

shock. The distance parameter is distance along the surface on the center
of the wing in terms of leading-edge diameters. The origin of the surface
distance is always taken at the geometric stagnation point of the spherical
nose. On the spherical nose there is a Mach number freeze; that is,

p/PMAX is a function only of position on the sphere, not of free-stream

Mach number. On the slab portion of the high-pressure side of the wing
the pressure gradient induced by the blunt nose, which is so pronounced
at zero angle of attack, becomes less severe with increasing angle of
attack and virtually disappears at 200 angle of attack and greater. (See
ref. 1.)

Thus far only the center line of the wing has been considered. The
flow over the wing will now be examined in a more general way.. Figure 9
shows trac1ngs of surface flow streamlines formed by flowing lubrlcatlng
0il impregnated with carbon black on a sharp-leading-edge wing with 750
sweep at Mach 9.6. At a = 0° there is a surface flow in toward the center:
of the wing caused by the pressure gradient induced by the thick boundary
layer. However, because of this very gradient, the streamlines external
to the boundary layer must be out away from the center of the wing. With
increasing angle of attack, as shock-loss effects start to predominate,
the flow at the surface also turns out from the center. At 15° angle of"
attack the flow is away from the wing center line but it still comes in °
across the leading edge. At 30° angle of attack the flow has turned out
to such an extent that in the sense of airflow direction the geometric
leading edge has become a trailing edge. An interesting feature of the
flow at 30° angle of attack is the appearance of a parting line at about
129 out from the center line of the wing. At 60° angle of attack the
flow lines, which for the most part were more or less straight at 15°
and 30° angle of attack, appear to be hyperbollc in nature. The parting
line referred to at 300 angle of attack has moved 1nto the center of the
wing. More detail on these flows is shown in flgure 10. BHere the sur-
face flow angles measured from these oil flow streaks are shown as a
function of ray angle from the apex. This figure shows the movement of
the parting line into the center of the wing. A line for perfect radial



flow has been put on the figure for reference. The location of the
parting line is given by the point at which the data cross the line

for radial flow. Note that the flow lines are very nearly radial in the
central region of the wing at 45° angle of attack, and thus at higher
angles of attack than this there is no parting line as such, unless one
wishes to view the center line of the delta wing as a parting line,

At this point the effect of dihedral on the surface flow angularity
will be examined. Shown in figure 11 are results from the 75° swept
sharp-leading-edge wing at 30° angle of attack with dihedral angles of
0° and 26°. The angles of the oil-carbon black streaks relative to the
center line of the wing are shown as a function of angular measure from
the wing center line. The curves, which are fairings of the measurements,
have been made exactly parallel to each other. That this can be done
indicates that the spanwise pressure distributions should not be a func-
tion of dihedral angle. 1In addition, such an approach as the use of the
local angle of attack of the surface in correlating wing pressures is also
partially justified.

Figure 12 shows the lateral pressure distributions associated with
these flow patterns from O° to 600 angle of attack. The local pressure
in every case has been divided by the pressure on the center line of the
wing. Included in this figure are data for two Mach numbers, two sweep
angles, and two dihedral angles. Overall one may note the insensitivity
of the lateral pressure distributions at angle of attack to variations in
any of these parameters. At 30° and 60° angle of attack the flow is con-
ical, as indicated by oil flow tracings, and at the highest angle of
attack (60°) the pressure distribution approaches that for a disk at 90°
angle of attack to a hypersonic flow, to which it is compared in this
figure. At zero angle of attack the pressures are high in the leading-
edge region because of boundary-layer displacement effects and the flow
is not conical.

Insofar as pressures are concerned successful correlations have been
shown for both the center-line and spanwise pressure distributions in
which the effect of a modification such as the addition of dihedral to
the surface is included. Such correlations allow the application of
experimental results to Mach numbers widely different from those at which
the data were obtained, thus allowing the prediction of the pressure on
the 1ifting surface of a vehicle such as the Dyna-Soar with confidence.

ShOT -1
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HEAT TRANSFER

This section w1ll present some of the heat-~transfer results from
the broad study of delta wings described in the preceding section.
Heat-transfer data on some of the configurations were available from

= 3.5 to about M = 18 from a number of facilities. The lower Mach
number tests, however, showed transitional and turbulent flow over much
of the surface, and at the highest Mach number the range of angles of
attack and configurations studied was less complete. In order to pre-
sent a clear picture of the overall distribution of heat~transfer rates
and their relation to the external flow fields, the present discussion
will be based mostly on the fully laminar data at M = 9, 6 from the
Langley ll—lnch hypersonic tunnel,

The sharp-leading-edge delta wing will be considered first. It is
geometrically simpler, but still indicates the general behavior of the
heat transfer to the blunt wing for regions far from the nose and leading
edges. Figure 13 shows the trend of heat transfer with angle of attack.
The data are for points along the center line of a flat delta wing,
presented in the form of the laminar flat-plate correlating parameter
NStVF; based on distance from the nose, with fluid properties evaluated

at free-stream conditions.

Up to about 20° the heat transfer increases with angle of attack
about as expected for a flat plate, as shown by the solid curve labeled
"strip theory." At higher angles of attack, the data depart from the
strip-theory trend and approach the dashed curve predicted by cross-flow
theory, which regards the wing as a succession of independent spanwise

strips in cross flow. For this theory, the component of free-stream

velocity normal to the wing was used as the cross-flow stream, and

the equivalent stagnation-point velocity gradient was calculated from

a correlation of experimental pressure distributions measured on cir-
cular disks normal to the flow, which will be discussed later in this
paper. This assumed pressure distribution does not fit the pressures
measured on the delta wing at angles of attack of 30° and less, as was
shown in figure 12 but becomes a better approximation at higher angles,
and fits very well at o = 60°., The cross-flow approach also neglects
completely effects of the chordwise component of the flow. A more refined
and more nearly correct approach is given by the streamline divergence
theory shown by the dot-dashed line. This method, based on the theory
of Vaglio-Laurin (ref. 2) involves integrating along streamlines a quan-
tity including local flow conditions and a term expressing the rate of
separation or divergence of the streamlines. When the same spanwise
component velocities are used as were used in the cross-flow theory to
compute the streamlines near the wing center line, the Vaglio-Laurin
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theory gives a very good prediction of the heat-transfer rates from about
250 to 60° angle of attack.

The theory of Vaglio-Laurin is actually very general and can be
applied whenever the streamlines and flow properties outside the boundary
layer are known. Because there is as yet no adequate theoretical method
for determining the streamlines over the entire delta wing at all angles
of attack, the application of this method w1ll not be discussed further
in this paper.

Above about 600, where the wing shock is curved, the correlation
based on the single characteristic length, the dlstance from the nose,
can be expected to break down. The behav1or at angles near 90° is dis-
cussed further in reference 3. The viscous interaction effects on
the wing will be most important near zero angle of attack. Previous
studies indicate that the pressure induced by the boundary-layer growth
would lead to higher heat-transfer rates than those on a flat plate
with constant pressure, but the data near o = 0° are in fact mostly
lower. This behavior is examined more closely in figure 14. These data
are for points all over the delta wing, plotted against streamwise dis-
tance from the leading edges in terms of root chord, and are shown for
three Mach numbers. Near the leading edge, the heat transfer is increased
by the induced pressure and pressure gradient as expected at the higher
Mach numbers, but falls off to values below those predicted for a flat
plate without induced pressure, and the decrease is greatest at the highest
Mach numbers where the induced pressures are highest.

The explanation is found in the flow patterns shown in figure 15.
The calculated streamlines outside the boundary layer, shown by the solid
lines, are deflected outward and are slightly divergent, which would
indicate an increased heat transfer. In the boundary layer near the sur-
face, however, the induced pressure gradients produce a flow toward the
center from each leading edge, shown by the dashed lines which are traced
from oil streak patterns. This secondary flow piles up low-energy air
in the middle of the wing, which thlckens the boundary layer there and
reduces the heat-transfer rates.

Because the pressure gradients producing this secondary flow decrease
with distance from the leading edge, the effect should disappear some dis-
tance downstream of the nose of the wing. Available data do not, however,
permit an assessment of how. far downstream the reduction extends. The
effect decreases with angle of attack and is negligible above about 129
at M = 9.6,

The spanwise distribution of heat-transfer coefficients on the sharp-

leading-edge delta wing is shown in figure 16. Here, the experimental
Stanton numbers along each of several spanwise lines are correlated by

ACEE SN @ I ol
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taking the ratio of the measured values to the value calculated for the
center-line point as though it were part of a flat plate at the same
angle of attack as the wing. The curves labeled "strip theory" are
,1nc1uded to give a frame of reference, They show the expeeted effect of

the decreasing distance from the leading edge as the point considered

moves out spanwise, assuming the streamlines to be straight and parallel
as on a strip of a flat plate. ' oo

At zero angle of attack, the heat transfer is high near the leading
edge because of the boundary-layer induced pressure. The reduction dis-
cussed in figure 15 due to the inward flow near the surface extends over
about half the semispan.

At 16° angle of attack, on the lower surface the flow is slightly
outward, but the divergence of the streamlines is small and the heat:
transfer is fairly well predicted by simple strip theory.

At higher angles of attack, shown in figure 17, the pattern changes.
The surface flows at o = 26° and 450 on the lower surface show a region
with nearly radial streamllnes over most of the wing but with an outer
region where the flow is outward over the leading edge. For this kind
of flow, the uniform parallel flow assumed in the strip theory is clearly
inadequate, and in fact the measured heat-transfer distributions resemble
more nearly the shapes predicted by the cross-flow theory. The cross- .
flow pattern is not fully achieved, however, at 45° angle of attack. By

= 609, as shown in figure 9 the central region of nearly radial flow:
has disappeared, and here the cross~flow theory gives a good predlctlon
of the heat-transfer rates. : :

In figure 7 it was shown that the pressures on a dihedraled wing: -
can be correlated with those for a flat plate by using the local wing
panel angle of attack. In figure 18 the heat-transfer rates on three
dihedraled wings are compared at the same wing panel angle of attack,
26°, and therefore at the same pressure. The flat wing (zero dihedral)
data taken from figure 17 are shown by the shaded band. The heat trans-
fer near the center line is considerably increased by the presence of"
dihedral, by as much as a factor of 2 at 26° dihedral. This is due to :
the outward component of the flow produced by the dihedral (shown in .
fig. 11) which thins the boundary layer near the center. The increment
in heat transfer due to the dihedral falls off spanwise, and the outer
half of the wing panel shows only small differences in heat transfer
with dihedral. Thus, for the same 1ift and planform area a dlhedraled
wing will have a greater heat load than &' flat one.

' The discussion thus far has dealt with the behavior of sharp-leading-
edge delta wings. The nose and leading edges of flight vehicles will
necessarily be blunted to some extent. Far from the nose and leading
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edges, the trends shown by the sharp wing are generally applicable to
the blunt wing also. The heat transfer close to the nose is shown in
figure 19. Here, heat-transfer coefficients measured at points along *
the center line of a spherical-nosed delta wing, expressed as a fraction
of the value calculated for the stagnation point of a sphere, are plotted
against surface distance from the stagnation point. On the sphere the
measured heat-transfer rates agree well with the values calculated by -
Lees' theory (ref. 4) over the range of angles of attack presented. On
the slab, at zero angle of attack figure 8 showed that the pressures
induced by the spherical nose extend back over the entire length of this
rather short model. The heat-transfer coefficients in figure 19 are also
increased but are fairly well predicted by two-dimensional hypersonic
similarity theory (ref. 5), which takes into account the pressure and
pressure-gradient effects. As the angle of attack increases, the distance
over which the induced pressures due to the nose are significant decreases,

as was shown in figure 8, and by 21° the heat transfer on the lower sur-
face of the slab is satlsfactorily predicted by the constant-pressure
strip theory from about 2 or 3 diameters back from the stagnation point.

At higher angles of attack, the flow becomes outward over the leading
edge, and the cross-flow type of calculations should be appropriate. At
420 angle of attack, the cross-flow theory in faet gives a good prediction
~of the center-line heat-transfer rates. The spanwise velocity gradients
used for the cross-flow theory calculations were obtained from the velocity
distributions shown in figure 20. These were computed from pressure meas-
urements on flat-faced disks normal to the flow, with various corner radii,
ranging from the sharp edge to the hemisphere. It was found that the
velocity gradients near the center line seemed to vary linearly with the
ratio of corner radius to overall diameter, and could be very well _repre-
sented by the’ equatlon ‘ ,

5

N I
o A = 0.7h5 + 3.1k L

This relation was assumed to be applicable to the delta wing near the
center. line, with the local span and cylinder radius as D and T,
respectively, and using the speed of sound at the fictitious stagnation
temperature correspondlng to the total energy of the normal component
flow. - )

The cylindrical leading edge of a wing at low angles of attack is
usually treated as part of an infinite cylinder. The changes in flow
direction of the surface streamlines with angle of attack and the prox-
-.imity of the blunt nose suggest a limitation to the validity of the

isolated-cylinder calculation. This is examined in figure 21.




11

. The maximum heat-transfer coefficients on the cylinder are expressed
as a fraction of the value calculated for the stagnation line of an infi-
nite cylinder at zero sweep. Experimental values are shown by faired
curves for M = 9.6 at three stations, and at M = 8.1 from the AEDC
B-2 tunnel by the circles. At low angles of attack, up to about 20°,
the Mach 9.6 data show a smsll effect due to the proximity of the nose
at the station 1 dlameter away from the shoulder, but beyond 3 diameters
the heat transfer is independent of distance from the nose within the
experlmental scatter for both sets of data. Above 20°, however, the

= 9.6 data show the development of a distinct trend with distance
from the nose.

Up to 20° the data also follow the trend with angle of attack pre-
dicted by the infinite-cylinder theory (ref. 6) but depart considerably
from this trend at higher angles. In fact, the Mach 8. l data indicate
that the heat transfer actually decreases above about 40°. For angles
of attack above 20°, the schlieren photographs of figure 3 show that the
shocks are no longer parallel to the cylinder elements, as required for
the application of infinite-cylinder theory. For this range, the flow
pattern is dependent on the local span as well as on the cylinder diame-
ter, and the "leading edge" must be treated as the round edge of a plate.

A brief overall view of the flow fields and heat transfer to the
simple delta wing with laminar flow has been presented. An actual
vehicle will, of course, be complicated by fins, controls, and other
modifications, which will require detailed study, but the simple-delta-
wing results can provide the basis for design of most of the vehicle
surface, In spite of the lack of a general theoretical method for com-
puting the flow field and heat transfer for the entire wing at angles
of attack, a knowledge of the streamline patterns and pressures allows
the prediction of the heat transfer by application of simple methods.
Furthermore, these flow fields provide the basis for application of more
elaborate theories for turbulent as well as laminar boundary layers.

CONCLUDING REMARKS

In summary, then, insofar as pressures are concerned successful
correlations have been shown for both the center-line and spanwise pres-
sure distributions over a range of sweep, Mach number, angle of attack,
and dihedral angle. ©Such correlations allow the application of experi-
mental results to Mach numbers widely different from those at which the
data were obtained, thus allowing the prediction of the pressure on the
lifting surface of a vehicle such as the Dyna-Soar with confidence. Much
of the heat transfer has been found to be amenable to simple approaches
which take into account the flow pattern peculiar to the angle-of-attack
range under consideration. EThe leading edge itself has been found to
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become a trailing edge in the sense of airflow direction at high angles
of attack. This is connected with the appearance of conical flow on the
delta wing and tends to alleviate the heat transfer to the leading edge.

Langley Research Cénter, ‘
National Aeronautics and Space Administration,
Langley Field, Va., April 11, 1960.
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Figure 3(a)
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PRESSURES ON CGENTERLINE OF FLAT DELTA WING
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CORRELATION OF PRESSURES ON CENTER-
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SURFACE FLOW ANGLES ON FLAT DELTA WINGS
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SURFACE FLOW ANGLES ON FLAT AND DIHEDRALED DELTA WINGS
Mep=9.6; A=75°; a=30°
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SPANWISE PRESSURE DISTRIBUTIONS ON
SHARP LEADING EDGE DELTA WINGS
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EFFECT OF MACH NUMBER ON HEAT-TRANSFER DISTRIBUTION
SHARP-LEADING-EDGE DELTAWING ; A=75°; @=0°
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EFFECT OF MACH NUMBER ON FLOW PATTERNS AT a=0.. .
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ERRATA
NASA Technical Memorandum X-316

By Mitchel H. Bertram, Williem V. Feller,
and James C. Dunavant
September 1960

Page 4, last line: Equation (1) is in error and should be replaced by
the following equation:

tan T tan © cos o + sin o

sin ogpp = le (1)

2
1 4 (ten T
\cos B1e
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